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Abstract 
Recent advancements in CubeSat technology unfold new mission ideas and the possibility to lower the cost of 
space exploration. Exploiting the natural dynamics around the Sun-Earth barycentric Lagrange points, minimal-ΔV 
trajectories to flyby asteroids appear which are compatible with current CubeSat propulsive capabilities. Ground 
operations costs for an interplanetary CubeSat, however, still represent a major challenge towards low-cost missions; 
hence certain levels of autonomy are desirable. Considering the limited allocation of sensors and actuators in CubeSats, 
and their limited performance, Monte Carlo simulations are implemented to understand the flyby accuracies that can 
be achieved through autonomous navigation and guidance. Primary sources of error analyzed in this study include: (1) 
uncertainties in the departure conditions, (2) errors in the propulsive maneuvers, (3) errors in the observations, and (4) 
uncertainties in the ephemeris of the target asteroid. An autonomous navigation and guidance strategy is proposed and 
evaluated, employing observations of the Sun, visible planets and of the target asteroid, and two trajectory correction 
maneuvers along the trajectory. Flyby accuracies below 100 km are found possible if the mission characteristics are 
suitable in terms of available ΔV, on-board asteroid visibility time, mission duration, and asteroid ephemeris 
uncertainty before the mission. Ultimately, this study assesses the readiness level of current CubeSat technology to 
autonomously flyby near-Earth asteroids, with realistic component specifications and modeling of relevant errors and 
uncertainties. The effect of the different mission factors on the final flyby accuracies is evaluated, and a feasible 
autonomous navigation and guidance strategy is proposed in the effort to reduce ground operations and overall mission 
costs. 
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Nomenclature
ΔV Velocity increment 
H Absolute magnitude 
𝑰𝑖𝑥𝑖  Identity matrix of size 𝑖  
𝑷𝑎 Covariance matrix of variable 𝑎 
𝝓(𝑡2, 𝑡1) State-transition matrix from time 𝑡1 
to time 𝑡2 
𝑸𝑎 Covariance matrix associated to 
event 𝑎 
𝑸𝑎,𝑏 Elements in matrix 𝑸𝑎 associated 
to variable 𝑏 
𝒓 Position vector 
𝜎𝑎 Standard deviation of variable 𝑎 
𝑡 Time variable 
𝜀, 𝜃 Elevation and azimuth representing 
direction vectors 
𝑟𝑠,  Sum of distances from observer to 
pair of planets 
𝜃𝑠,  Angle between lines of sight from 
observer to pair of planets 
𝒓 Velocity vector 
V Visual magnitude 
𝒙 State vector (Cartesian position and 
velocity) 
𝒙, ?̂?, ?̂? Cartesian unit vectors defining an 
inertial reference frame 
𝟎𝑖𝑥𝑖  Zero matrix of size 𝑖  
bold Represents vectors 
bold Represents matrices 
 
Acronyms/Abbreviations 
ADCS Attitude determination and control system 
BCT Blue Canyon Technologies 
EMB Earth-Moon barycenter 
L1, L2 First and second Sun-EMB Lagrange 
points 
PUC Propulsion Unit for CubeSats 
STM State-transition matrix 
TCM Trajectory correction maneuver 
U CubeSat basic unit (10 cm x 10 cm x 10 
cm) 
 
1. Introduction 
Low-ΔV trajectories, suitable for CubeSat propulsive 
capabilities, to flyby near-Earth asteroids can be designed 
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from the Sun-Earth barycentric Lagrange points [1]. 
Certain levels of autonomy, however, are desirable for 
interplanetary CubeSat missions in the interest of low 
mission budgets. A feasibility analysis of an asteroid 
flyby mission using autonomous CubeSats is hence 
performed here. 
An autonomous navigation and guidance strategy is 
proposed and assessed in search of a reduced use of 
ground stations. In view of the limited number of sensors 
on board CubeSats, the navigation strategy employs only 
observations of the Sun, visible planets and of the target 
asteroid, which could be collected by an on-board sun 
sensor and a star tracker. The guidance strategy considers 
two trajectory correction maneuvers executed before and 
after the asteroid becomes visible to the CubeSat. A 
heuristic to determine the time of execution of these 
correction maneuvers is introduced here. Navigation and 
guidance algorithms furthermore propagate trajectories 
and compute correction maneuvers employing prestored 
state-transition matrices only, which is more suitable for 
the limited on-board computational power than 
numerical integration. No complex optimization 
algorithms are involved either in the computation of 
correction maneuvers. 
Monte Carlo simulations are performed to understand 
the flyby accuracies that can be achieved by an 
autonomous CubeSat, and results are compared to those 
of the simple one-maneuver guidance strategy employed 
in [2] for the same mission concept. Analysis includes 
realistic system specifications and modeling of errors and 
uncertainties in: (1) departure conditions, (2) propulsive 
maneuvers, (3) observations, and (4) asteroid ephemeris. 
The mission scenario is introduced in Section 2, 
modeling of errors and uncertainties is described in 
Section 3, the autonomous navigation and guidance 
strategies are presented in Section 4, and analysis and 
discussion of the results can be found in Section 5. 
 
2. Mission scenario 
The mission concept considered in this analysis 
assumes a CubeSat is initially parked in a halo orbit 
around the first or the second Sun-EMB Lagrange points. 
From these L1/L2 halo orbits, the CubeSat executes its 
own propulsive maneuvers to flyby a near-Earth asteroid 
while performing autonomous navigation and guidance. 
For reference, the design of CubeSat-compatible asteroid 
flyby trajectories from the Sun-EMB Lagrange points is 
studied in [1], along with a more detailed discussion on 
the mission scenario. Impulsive flyby trajectories 
computed in [1] (in an ephemeris dynamical model) are 
used in this study as baseline trajectories, which are also 
designed to last less than 150 days after departure from 
L1/L2 and to employ less than 80 m/s of ΔV. 
Analysis in this study focuses on the feasibility of 
performing autonomous navigation and guidance along 
these asteroid flyby trajectories. The goal of the guidance 
campaign is to eliminate deviations from the baseline 
trajectory in order to reach the same relative encounter 
position at the same time—unlike the encounter velocity, 
which is not corrected to any particular target. 
Following the mission scenario in [1], the spacecraft 
considered in the analysis is a 3U CubeSat platform with 
a total ΔV budget of 80 m/s, according to current CubeSat 
capabilities [3]. This same ΔV is allocated in this study 
for both: maneuvers along the baseline trajectory and 
trajectory correction maneuvers. Observations employed 
for navigation include: (1) observations of the Sun, (2) 
observations of visible planets, and (3) observations of 
the target asteroid. These observations are assumed to be 
collected through a coarse sun sensor (observations of the 
Sun), and a star tracker (observations of planets and 
asteroid). According to the systems analysis performed in 
[2], this is identified as a suitable set of instruments for 
the mission scenario considering the allocation of other 
subsystems and of the science payload. 
Larger CubeSat platforms could potentially allocate 
more numerous or higher-performance components, but 
a 3U CubeSat is considered here in search of the minimal 
spacecraft platform that would enable an asteroid flyby 
mission, and in contrast to previous asteroid mission 
studies using 6U or larger spacecraft [4,5]. 
Subsystems and component specifications relevant to 
the analysis here performed include those of the 
propulsion system, attitude determination and control 
system, coarse sun sensor, and star tracker. Based on the 
mission study in [2], Table 1 summarizes the component 
selection and performance assumed in the navigation and 
guidance analysis. 
Similarly to the analysis in [1] and [2], a constraint is 
also added on the minimum size of the target asteroids: 
larger 100 meters in diameter (absolute magnitude 
H≤22.5). This constraint is particularly relevant for 
asteroid detection as it will determine how long before 
the flyby the asteroid can be observed, and longer 
asteroid observation times ultimately drive navigation 
and flyby accuracies. 
Additionally, it is assumed that, if the target asteroid 
can be observed from Earth before departure from L1/L2, 
new ground observations of the asteroid are collected and 
employed to improve the accuracy of asteroid ephemeris. 
These updated asteroid ephemerides are then made 
available to the CubeSat prior to its L1/L2 departure. 
 
3. Modeling of errors and uncertainties 
Monte Carlo simulations are performed to understand 
the flyby accuracies that can be achieved autonomously 
by a CubeSat. Errors and uncertainties introduced in the 
analysis include: (1) uncertainties in the CubeSat’s initial 
position and velocity, (2) errors in the propulsive 
maneuvers, (3) errors in the observations of the Sun, 
planets and target asteroid, and (4) uncertainties in the 
trajectory of the asteroid. 
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3.1. Uncertainty in initial state 
The uncertainty in the initial state is assumed to be 30 
km (3σ) in position, and 30 cm/s (3σ) in velocity. These 
values are drawn from the autonomous navigation study 
for the 12U mission LUMIO around the second Earth-
Moon Lagrange point [13]. Whether achieved 
autonomously or through ground-based tracking, this 
initial state uncertainty is derived as an initial 
requirement for the mission. 
The uncertainty in the initial position and velocity of 
each Monte Carlo case is defined in spherical coordinates 
by, respectively, one radial and two angular uncertainties. 
The radial uncertainty is characterized by the 
corresponding normally-distributed uncertainty in 
position or velocity, and the two angular uncertainties are 
defined as uniform random errors spanning over a whole 
sphere (Fig. 1). As a consequence, the (uncorrelated) 
initial covariance matrices in position and velocity are  
defined in Cartesian coordinates as 𝑷?̅??̅?(𝑡0) = (
10 𝑘𝑚
√3
)
2
∙
𝑰3𝑥3 and 𝑷?̅??̅?(𝑡0) = (
10 𝑐𝑚/𝑠
√3
)
2
∙ 𝑰3𝑥3. 
Table 1. Component selection and assumed performance 
Component 
Assumed performance 
Comments 
Characteristic Value 
VACCO’s 5-mN 
0.5U Propulsion 
Unit for CubeSats 
ΔV magnitude 
accuracy 
±1% (3σ) Reported uncertainty in magnitude is <5% (3σ) but 
includes experimental measurement errors [6]. 
Optimistic value of ±1% (3σ) is employed and derived 
as a systems requirement. 
ΔV directional 
accuracy 
±0.1 deg (3σ) No flutter (directional) noise is reported for VACCO’s 
PUC, but a ±0.1 deg (3σ) accuracy is employed and 
derived as a systems requirement, based on reported 
accuracies of LISA Pathfinder’s cold gas and ion 
micro-thrusters [7,8]: ±0.15 deg (3σ), and accuracies 
of mN-level ion thrusters: ±0.1 deg (3σ) [9]. 
BCT’s 0.5U 
XACT unit 
Pointing 
knowledge 
±0.01 deg (3σ) Reported boresight pointing knowledge of star tracker 
integrated in BCT’s XACT is ±0.02 deg (3σ), and 
cross-axis knowledge is ±0.006 deg (3σ) [10]. Value 
of ±0.01 deg (3σ) is employed as cross-axis 
performance is most relevant to the analysis. 
Pointing 
accuracy 
±0.1 deg (3σ) Reported boresight accuracy in LEO is ±0.02 deg (3σ), 
and cross-axis accuracy is ±0.006 deg (3σ) [11]. 
Conservative value of ±0.1 deg (3σ) is employed, 
which could account for the unavailability of 
magnetorquers and magnetometers in deep space. 
Limiting 
magnitude 
11 Reported limiting magnitude of star tracker integrated 
in BCT’s XACT is 7.0 with a 5-Hz update rate [10]. 
Optimistic value of 11 is assumed possible through 
longer exposure times and is derived as a systems 
requirement. 
Centroiding 
accuracy 
±0.01 deg (3σ) Centroiding accuracy is expected to be significantly 
better than cross-axis pointing knowledge of ±0.006 
deg (3σ) [10]. Conservative value of ±0.01 deg (3σ) is 
assumed for observations of planets and of the asteroid 
considering long exposure times for asteroid detection. 
Hyperion 
Technologies’ sun 
sensor 
Accuracy ±1 deg (3σ) Reported accuracy is <1 deg (3σ) [12]. 
 
Fig. 1. Representation of uncertainty in initial state in 
spherical coordinates 
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3.2. Error in propulsive maneuvers 
Errors in the propulsive maneuvers are modeled 
based on the component performance specified in Table 
1. Propulsive maneuvers are modeled as impulsive and 
have errors both in magnitude and in direction. The 
magnitude error is driven by the normally-distributed 
magnitude accuracy of the thruster, and the direction 
error is cumulative and due to (1) pointing accuracy of 
the ADCS, and (2) directional accuracy of the thruster 
(Fig. 2). Both angular errors are normally distributed. 
 
 
Uncertainties in the propulsive maneuvers also 
introduce uncertainties in the estimation of the CubeSat’s 
trajectory. These uncertainties are accounted for as 
process noise when performing on-board navigation, as 
described in Section 4.1. This process noise, 𝑸𝑚𝑎𝑛, is 
assumed to influence only the velocity components of the 
CubeSat’s covariance matrix (see Eq. (1)). 
 
𝑸𝑚𝑎𝑛 = [
𝟎3𝑥3 𝟎3𝑥3
𝟎3𝑥3 𝑸𝑚𝑎𝑛,𝒗𝒗
] (1) 
 
Computation of matrix 𝑸𝑚𝑎𝑛,𝒗𝒗 involves representing 
the matrix in some auxiliary reference frame and then 
rotating that matrix to express it in the inertial reference 
frame. The auxiliary reference frame has its x-axis 
aligned with the direction vector of the nominal 
maneuver, and the y- and z-axes are contained in the 
normal plane. 
In this auxiliary reference frame, matrix 𝑸𝑚𝑎𝑛,𝒗𝒗 can 
be expressed as in Eq. (2) (including only first-order 
terms, and assuming uncorrelated angular errors) [14]. 
 
𝑸𝑚𝑎𝑛,𝒗𝒗 = |Δ𝒗𝑚𝑎𝑛|
2 ∙ [
𝜎𝑚𝑎𝑔
2 0 0
0 𝜎𝛼
2 0
0 0 𝜎𝛼
2
] (2) 
 
where |Δ𝒗𝑚𝑎𝑛| is the magnitude of the nominal 
propulsive maneuver, 𝜎𝑚𝑎𝑔 is the per-one standard 
deviation in the magnitude of the maneuver, and 𝜎𝛼
2 =
(𝜎𝛼1/√2)
2
  + (𝜎𝛼2/√2)
2
 is the cumulative angular 
covariance due to pointing error of the ADCS and 
directional error of the thruster (projected on the y- and 
z-axes). 
3.3. Error in observations 
Observations in this study are assumed to be collected 
by two different instruments: sun sensor and star tracker. 
Both instruments provide directional information (two 
angles) of the observed bodies. On the one hand, errors 
in the direction of the Sun are cumulative and due to (1) 
pointing knowledge of the ADCS, and (2) accuracy of the 
sun sensor. On the other hand, errors in the direction of 
the planets and of the target asteroid are also cumulative 
and due to (1) pointing knowledge of the ADCS, and (2) 
centroiding accuracy of the star tracker. All directional 
errors are normally distributed and accumulated as 
represented in Fig. 2. 
Uncertainties in the observations directly impact the 
quality of the on-board navigation, which is accounted 
for by the observation-error covariance matrix, 𝑸𝑜𝑏𝑠. In 
order to calculate this matrix, it is necessary to specify 
first how direction vectors from the CubeSat to the 
observed bodies are represented. Direction vectors are 
described in this study by two angles: azimuth and 
elevation. The azimuth angle, θ, is contained in the 
inertial x-y plane and defined with respect to the x-axis, 
and the elevation angle, 𝜀, is defined with respect to the 
x-y plane (similar to angles 𝛼1 and 𝛼2 in Fig. 1). 
This selection of angles results in an observation-
error covariance matrix such as that described in Eq. (3) 
[14]. 
 
𝑸𝑜𝑏𝑠 = [
𝜎𝜃
2 𝜎𝜃𝜀
𝜎𝜃𝜀 𝜎𝜀
2 ] = [
(𝜎𝛼/ cos(𝜀))
2 0
0 𝜎𝛼
2] (3) 
 
where 𝜎𝛼
2 is defined as in Section 3.2 but substituting the 
observations’ angular errors instead. Through this matrix, 
it is clear that poor azimuth information can be retrieved 
at large elevation angles as a consequence of a singularity 
in the selected Euler angle representation. However, 
given that the motions of the CubeSat, planets and 
asteroids are close to the ecliptic plane, elevation angles 
of the observations shall remain small. 
 
3.4. Uncertainty in asteroid ephemeris 
Asteroid ephemerides are retrieved in this study 
through JPL’s Horizons telnet interface [15] and 
propagated in time in an ephemeris dynamical model. 
Uncertainties in these trajectories are obtained through 
ESA’s NEODyS-2 website [16] in the form of covariance 
matrices. These covariance matrices are provided at 
predetermined dates and, in this study, they are linearly 
propagated in time through the STM associated to the 
asteroids’ nominal, reference trajectories (Eq. (4)). 
 
𝑷(𝑡2) = 𝝓(𝑡2, 𝑡1) ∙ 𝑷(𝑡1) ∙ 𝝓(𝑡2, 𝑡1)
𝑇 (4) 
 
 
Fig. 2. Representation of directional error due to two 
cumulative angular errors 
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As mentioned in Section 2, if the target asteroid can 
be observed from Earth prior to the CubeSat’s L1/L2 
departure, then new ground observations are assumed to 
be collected to reduce uncertainties in asteroid 
ephemeris. Observability from Earth is determined 
possible if the visual magnitude of the asteroid is below 
or equals 22: V≤22, and a solar exclusion angle of 50 
degrees is also imposed. 
Based on the statistical analysis of asteroid 
observations in [17], an accuracy of 0.388 arcsec (3σ) is 
assumed for the new CCD observations of the asteroid, 
with an observation-error covariance matrix such as that 
in Eq. (3). One optical astrometric observation per day 
over up to ten days is assumed to be collected during the 
last observation window prior to the departure. These 
new observations are processed by a least squares 
estimator [18] using as a priori estimation the covariance 
matrix provided by NEODyS (propagated in time until 
the corresponding observation window). 
This updated asteroid ephemeris is then employed by 
the CubeSat as a priori estimation during on-board 
navigation. On-board observations of the asteroid are 
collected by the CubeSat’s star tracker every 30 minutes, 
starting 30 minutes after the asteroid’s visual magnitude 
becomes smaller than or equals the star tracker’s limiting 
magnitude: V≤11 (refer to Table 1). The error in these 
observations is modeled as described in Section 3.3. 
These new on-board observations are also processed by 
a least squares estimator and help reduce the uncertainty 
in relative CubeSat-asteroid flyby position. 
A schematic of the behavior of the uncertainty in 
asteroid ephemeris along time is provided in Fig. 3, 
considering new ground observations and on-board 
navigation. The timeline of ground-based and on-board 
observations is also summarized in Table 2. 
 
4. Autonomous navigation and guidance 
Navigation and guidance are assumed to be 
performed autonomously throughout the asteroid flyby 
trajectory: from L1/L2 departure to the flyby. 
Considering a limited computational capability on board 
the CubeSat, and in order to reduce the computational 
demand, it is further assumed that all on-board 
navigation and guidance algorithms propagate the 
estimated trajectories of the CubeSat and of the asteroid 
(and associated covariance matrices) using an STM-
based propagation rather numerically integrating their 
equations of motion. No complex optimization 
algorithms are employed in the computation of 
correction maneuvers either. 
The state-transition matrices employed for trajectory 
propagation are those associated to the nominal, 
reference trajectories of the CubeSat and of the asteroid, 
and could be calculated and stored on the CubeSat’s on-
board computer prior to the mission. In such a way, 
propagation of the estimated trajectories can be 
performed simply by multiplying prestored state-
transition matrices and the estimated deviations from the 
nominal trajectories (Eq. (5)). 
 
 
Fig. 3. Uncertainty in asteroid ephemeris along time (including ground-based and on-board observations) 
Table 2. Allocated time for ground-based and on-board navigation phases 
Type of observation From Until Every 
Ground-based observations 
of asteroid 
Asteroid’s visual magnitude 
from Earth V≤22 
Past 10 days 24 hours 
On-board 
navigation, 
Phase 1 
Observations 
of Sun 
Departure from L1/L2 plus 24 
hours 
Asteroid’s visual magnitude 
from CubeSat V≤11 minus 24 
hours 
6 hours 
Observations 
of planets 
On-board 
navigation, 
Phase 2 
Observations 
of Sun 
Asteroid’s visual magnitude 
from CubeSat V≤11 plus 30 
minutes 
End of on-board navigation* 30 minutes 
Observations 
of asteroid 
* On-board navigation ends 15 minutes before last trajectory correction maneuver is performed (see Section 4.2). 
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𝒙𝑒𝑠𝑡(𝑡2) = 𝒙𝑛𝑜𝑚(𝑡2) + 
𝝓𝑛𝑜𝑚(𝑡2, 𝑡1) ∙ (𝒙𝑒𝑠𝑡(𝑡1) − 𝒙𝑛𝑜𝑚(𝑡1)) 
(5) 
 
where the subscripts 𝑒𝑠𝑡 and 𝑛𝑜𝑚 stand for variables 
evaluated along the estimated and nominal trajectories, 
respectively. While the process described in Eq. (5) 
provides less accurate results than numerical propagation 
of the equations of motion, it also reduces the on-board 
computational demand. 
Analysis in [1] identified 41 asteroids that are 
reachable from L1/L2 within 150 days with 80 m/s of 
ΔV. A total ΔV budget of 80 m/s is also considered in 
this study, but shall also include trajectory correction 
maneuvers in addition to the nominal maneuvers to reach 
the asteroids. In order for at least 10 m/s of ΔV to be 
available for the TCMs, this study only analyzes 
asteroids that are reachable with less than 70 m/s of ΔV. 
Additionally, only asteroids that can be detected by the 
on-board star tracker more than 12 hours before the flyby 
are considered, since observing the asteroid for long 
enough is essential to achieve reasonable estimation 
accuracies. As a consequence of imposing these two 
additional constraints, only 18 out of the 41 asteroids 
identified in [1] are considered in this analysis. 
 
4.1. Navigation strategy 
The on-board navigation strategy consists of two 
phases: initially, (1) collecting observations of the Sun 
and visible planets after departure from L1/L2 until the 
asteroid becomes visible, and then, (2) collecting 
observations of the Sun and of the asteroid until the last 
trajectory correction maneuver is performed. Both 
navigation phases process observations through a least 
squares estimator [18], and the timeline of observations 
is summarized in Table 2. 
During the first navigation phase, observations are 
used to estimate only the trajectory of the CubeSat. 
During the second navigation phase, the trajectories of 
the CubeSat and of the asteroid are simultaneously 
estimated instead. 
The a priori estimation for the first navigation phase 
is the CubeSat’s position and velocity along its nominal 
trajectory at the time of departure from L1/L2, and the a 
priori covariance matrix is that described in Section 3.1. 
During the second navigation phase, simultaneous 
estimation of the trajectories is performed by extending 
the estimated state vector through concatenation of the 
CubeSat’s and asteroid’s state vectors: 𝒙𝑒𝑥𝑡 , and by 
building a 12x12 covariance matrix, 𝑸𝑒𝑥𝑡, such as that 
described in Eq. (6). 
 
𝒙𝑒𝑥𝑡 = [
𝒙𝐶𝑢𝑏𝑒𝑆𝑎𝑡
𝒙𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑
] 
(6) 
𝑸𝑒𝑥𝑡 = [
𝑸𝐶𝑢𝑏𝑒𝑆𝑎𝑡 𝟎6𝑥6
𝟎6𝑥6 𝑸𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑
] 
The resulting estimation from the first navigation 
phase is used as a priori estimation of the CubeSat’s 
trajectory in the second navigation phase, and the 
nominal, reference trajectory of the asteroid is used as its 
a priori estimation. Lastly, the a priori covariance matrix 
associated to the asteroid is obtained as described in 
Section 3.4. 
Corresponding propagations of the covariance 
matrices along time are performed employing Eq. (4) 
unless propulsive maneuvers are executed. In the 
presence of propulsive maneuvers, the CubeSat’s 
covariance matrix is updated through Eq. (7) to account 
for maneuver execution errors [19,20]. Maneuver 
execution errors are introduced as process noise, 𝑸𝑚𝑎𝑛, 
which is calculated as described in Section 3.2. 
 
𝑷(𝑡𝑚𝑎𝑛
+ ) = 𝑷(𝑡𝑚𝑎𝑛
− ) + 𝑸𝑚𝑎𝑛  (7) 
 
where 𝑷(𝑡𝑚𝑎𝑛
− ) and 𝑷(𝑡𝑚𝑎𝑛
+ ) are the covariance matrices 
before and after a maneuver executed at time 𝑡𝑚𝑎𝑛. 
Another relevant aspect to the first navigation phase 
is deciding what planets should be observed and in which 
order. This decision is based upon the analysis in [21] 
that showed that best navigation accuracies are obtained 
by observing pairs of planets that are as close as possible 
to the observer and whose lines of sight are closest to 90 
degrees. 
A selection factor is introduced in [21] to determine 
which planets should be observed (see Eq. (8)), in terms 
of the sum of distances from the observer to the pair of 
planets (𝑟𝑠), and the angle between the lines of sight, 𝜃𝑠. 
 
Selection Factor = sin(𝜃𝑠)/𝑟𝑠 (8) 
 
All combinations of two visible planets are 
considered, and their respective selection factors are 
computed at each of the observation times along the first 
navigation phase (Table 2). Pairs of planets with the 
highest selection factor are identified and selected for 
observation with the star tracker at two consecutive 
observation times. Visibility of planets is determined by 
their visual magnitude (V≤11) and shall avoid the solar 
exclusion area (40 degrees). If only one planet is visible, 
then that planet is observed, and if no planet is visible, 
then only sun sensor observations are collected. The 
sequence of planets to be observed is determined using 
the nominal trajectory of the CubeSat as reference, and 
could therefore be decided and stored in the on-board 
computer prior to the mission. 
 
4.2. Guidance strategy 
In contrast to the preliminary analysis in [2], where 
only one trajectory correction maneuver was performed 
at the end of the on-board navigation phase, two TCMs 
are considered in this study.
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Analysis in [2] showed that final flyby accuracies are 
highly dependent on how long the asteroid can be 
observed by the CubeSat, since this will drive estimation 
accuracies. Given the low limiting magnitude of the star 
tracker, asteroids become visible only a few days prior to 
the flyby, and as a consequence, a large ΔV is required 
to correct the trajectory of the CubeSat. 
The one-TCM guidance strategy analyzed in [2] 
showed stringent limitations in terms of (1) large ΔV 
requirements to correct the trajectory, and (2) high 
dependency on long asteroid observation times. In order 
to achieve flyby accuracies of the order of 100 km, the 
analysis in [2] imposed a requirement on the star 
tracker’s limiting magnitude of V=15. Accomplishing 
this requirement, however, would involve long exposure 
times, high levels of noise, and a large number of visible 
stars. This would ultimately difficult the identification of 
star centroids and star patterns, and result in larger 
observation errors. 
If a lower limiting magnitude of V=11 is assumed 
instead, asteroid observation times are reduced, hence 
decreasing estimation accuracies and increasing ΔV 
requirements. As a solution, a two-TCM guidance 
strategy is proposed in this study that enables the same 
flyby accuracies despite the shorter asteroid observation 
times, while maintaining ΔV requirements within the 
mission budget. 
The guidance strategy here proposed employs two 
trajectory correction maneuvers: TCM1 and TCM2, one 
performed before the star tracker is able to detect the 
asteroid, and another one performed after collecting 
observations of the asteroid. TCM1 is thus performed 
during the first on-board navigation phase (observations 
of Sun and planets), and TCM2 is performed at the end of 
the second navigation phase (observations of Sun and 
asteroid). Illustrated in Fig. 4 is the whole mission 
profile, including the on-board navigation phases and the 
trajectory correction maneuvers. 
The challenge that arises from this two-TCM strategy 
is deciding when these TCMs should be executed, and 
how much ΔV should be allocated to each of them. With 
the goal of achieving the same relative encounter point 
and time as in the nominal trajectories, a few factors 
should be considered to make this decision: (1) the later 
TCMs are executed, the better the estimation accuracy, 
(2) the sooner TCMs are executed, the lower the ΔV 
required to correct the trajectory, however, also (3) the 
sooner TCMs are executed, the larger the inaccuracies at 
the time of the flyby due to propagation of maneuver 
execution errors. 
Taking these factors into consideration, a heuristic to 
decide the TCMs’ execution time is developed based on 
the available ΔV, and on the information that can be 
provided by the dynamics’ state-transition matrices and 
the estimation’s covariance matrices. This decision is, 
furthermore, performed considering that both maneuvers 
are allocated as much ΔV as they require to correct the 
final position of the CubeSat, and in search of the latest 
TCM execution times that still fulfill the ΔV budget (for 
better estimation accuracies). 
As a note, it is also worth clarifying that both 
maneuvers along the nominal trajectory (those computed 
in [1] and illustrated in Fig. 4) are executed as per design, 
and they are not recomputed by the on-board algorithms. 
The justification for this is twofold: (1) the quality of the 
estimation at the time of second nominal maneuver is 
generally not good enough to improve the final flyby 
accuracy, and (2) propagation of maneuver execution 
errors from the time of the second maneuver until the 
time of encounter also induce large inaccuracies. 
The heuristic method considers only discrete 
possibilities for the times of execution of TCM1 and 
TCM2. On the one hand, possible execution times for 
TCM1 are considered every 5 days before the asteroid is 
detected. Whereas possible execution times for TCM2 are 
considered every 12 hours after asteroid detection. The 
 
Fig. 4. Diagram of mission profile, including on-board navigation and guidance strategies 
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time of first asteroid detection (V≤11) is determined 
using the nominal CubeSat and asteroid trajectories. 
At each of the possible TCM1 execution times, the 
following steps are performed to select the fittest TCM1 
execution time: 
(1) based on its current state estimate, the ΔV required to 
correct the final position of the CubeSat is computed 
(inverting Eq. (5)), 
(2) based on its current estimation covariance matrix, 
which determines the accuracy of the ΔV computed 
in step (1), the covariance matrix at the time of the 
flyby is predicted, resulting from the hypothetical 
execution of TCM1 and including asteroid ephemeris 
uncertainties at the time of the flyby and maneuver 
execution errors (Eq. (7) in combination with Eq. 
(4)), 
(3) for each of the possible TCM2 execution times, and 
assuming TCM1 was already executed, the ΔV 
required to correct the largest semi-axis in position of 
the 3-σ covariance matrix predicted in step (2) is 
calculated (inverting Eq. (5)), and 
(4) the ΔV requirements computed in steps (1) and (3) 
are added together and compared to the remaining 
ΔV after the nominal maneuvers. 
In this way, at each of the possible TCM1 execution 
times, and assuming TCM1 is executed then, it is possible 
to estimate the total ΔV required to correct the trajectory 
depending on when TCM2 is executed. The latest TCM2 
execution time fulfilling the mission’s ΔV budget can be 
identified, and is stored for decision-making. 
If this procedure is performed for all possible TCM1 
execution times, it will be observed that, initially, 
delaying TCM1 also allows to delay TCM2 as a result of 
improving the estimation accuracy along the first on-
board navigation phase, and, eventually, delaying TCM1 
requires TCM2 to be executed earlier in order to remain 
within the ΔV budget. The fittest solution is thus 
identified as the TCM1 that allows for the latest TCM2. 
In order for this heuristic to be suitable for an 
autonomous CubeSat, however, at each possible TCM1 
execution time, it would be necessary to predict what the 
latest possible TCM2 will be at the next TCM1 execution 
time. And, eventually, TCM1 will be performed when 
TCM2 needs to be performed earlier at the next TCM1 
execution time than at the current time. Prediction of the 
latest possible TCM2 at the next TCM1 time involves 
completing steps (1–4) based only on the information 
available until the current TCM1 time. This prediction 
thus requires an estimation of the state and of the 
estimation’s covariance matrix at the next TCM1 time. 
A prediction of the state is obtained simply forward-
propagating the estimated state at the current time (Eq. 
(5)). In order to predict the covariance matrix, it can be 
noticed that the size of the estimation’s covariance matrix 
(eigenvalues) describes a decreasing “S”-shaped or 
sigmoid curve along the first on-board navigation phase, 
whereas the orientation (eigenvectors) is constant. 
Therefore, previous sizes of the covariance matrix can be 
used to approximate the eigenvalues of the following 
covariance matrix. For simplicity, in this study, the 
covariance matrix at the following TCM1 time is linearly 
approximated employing only the eigenvalues of the 
current and of the immediately previous covariance 
matrices. 
Selection of TCM2’s execution time is performed 
during the second on-board navigation phase, employing 
the information available from the relative optical 
navigation. At each of the possible TCM2 execution 
times, the state at the next possible TCM2 time is 
predicted, based on the current state estimate (applying 
Eq. (5)), and, assuming TCM2 is executed then, the ΔV 
required to achieve the same relative flyby position as in 
the nominal trajectories is computed (inverting Eq. (5)). 
If the ΔV requirement at the next possible TCM2 
execution time is larger than the remaining ΔV, then 
TCM2 is executed at the current execution time. 
 
5. Analysis and discussion 
Analysis shows that small uncertainties in asteroid 
ephemeris are essential for the success of the mission. 
Although asteroid ephemeris uncertainties are reduced 
through relative optical navigation in the second on-
board navigation phase, only certain levels of ephemeris 
uncertainties can be mitigated. A first step in the mission 
analysis is, therefore, modeling the accuracy in asteroid 
ephemeris that will be available prior to the mission. 
 
5.1. Ground-based observation campaign 
As described in Section 3.4, asteroid ephemerides are 
improved prior to the mission through a ground-based 
observation campaign if the asteroids are visible from 
Earth (V≤22). Adding more recent observations to the 
estimation process increases the observed arc length of 
the asteroid’s orbit (time between first and last 
observations), and as a result, the uncertainty in asteroid 
ephemeris tends to decrease. This decreasing tendency in 
ephemeris uncertainty with arc length was analyzed in 
[17] and described by a piecewise linear function in a 
logarithmic scale. Four different sections are identified 
in this tendency depending on the asteroids’ observed arc 
length [17]: below 10 days, between 10 and 250 days, 
between 250 and 8000 days, and above 8000 days. 
New ground-based observations are modeled and 
processed as described in Section 3.4, and comparison to 
the expected piecewise linear behavior is used a means 
of verification that realistic levels of uncertainty are 
obtained after the ground-based observation campaign. 
Analysis shows that a decrease in ephemeris uncertainty 
consistent with the analysis in [17] is in fact obtained 
when simulating ground-based observations (see Fig. 5).  
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As an example, illustrated in Fig. 5 are the resulting 
uncertainties at the time of the flyby in the Keplerian 
semi-major axis and eccentricity elements before and 
after collecting ground-based observations of asteroid 
2005 WD. It is observed that the decrease in these 
uncertainties is comparable to the general tendency of the 
best-fit piecewise function relating ephemeris 
uncertainty and arc length. This analysis, and the 
calculation of the best-fit piecewise function, considers 
only asteroids with similar characteristics to the target 
asteroids described in Section 2 and in [1]: asteroids 
larger than 100 meters in diameter that fly close to the 
Earth (within 0.1 au) between years 2019 and 2030. 
Table 3 summarizes the results of collecting ground-
based observations of the asteroids considered in this 
analysis. Only asteroids listed in [1] that are reachable 
 
Fig. 5. Keplerian element uncertainty for asteroid 2005 WD before and after collecting ground-based observations 
Table 3. Asteroid flyby trajectory characteristics and results from ground-based observations 
Asteroid From 
Nominal trajectory characteristics Improvement through ground observations 
Visible days from 
CubeSat 
ΔV range from 
L1/L2 (m/s) [1] 
Observed arc length 
(days) 
3σ uncertainty at 
time of flyby (km) 
2005 WD 
L2 
0.8 59.1↔69.2 2565→4956           96.9→82.6 
2015 BK509a,b 0.8 47.2 27 3442334.0 
2008 TZ3 7.1 42.5↔56.9 3632→4068           37.5→37.3 
2017 XC62 2.4 26.0↔60.5   176→1348   120860.8→499.6 
2008 DG5b 2.6 32.8 6494→7945         178.2→173.0 
1997 NC1 0.6 15.6↔68.2 7681→10234         248.8→223.6 
2012 EY11b 12.4 68.2 5902→9513         363.1→279.4 
2001 SQ3 0.6 38.4↔68.3 4518→7730         282.3→277.0 
2001 WN5c 3.8 44.1↔65.0 8463→11325         231.8→221.9 
2004 OBb 1.5 36.4 5447→8745         239.7→222.0 
2004 MN4c 2.6   5.7↔57.6 3946→9009           14.7→14.6 
2001 FO32 
L1 
2.2 30.5↔62.8 5009→7216         849.9→598.9 
2014 HK129b 18.4 47.3   528→3004     35084.4→791.2 
2010 XC15a,b 0.6 26.7 2549 484.9 
2018 CC14b 0.6 68.5   101→2094 3018731.6→313.8 
2001 WN5c 1.0   4.4↔40.3 8463→8700         233.6→170.0 
2009 BL71 0.9 20.3↔50.3 3716→6961         174.7→142.4 
2004 MN4c 7.3 20.9↔50.7 3946→9121         241.6→220.3 
a Asteroid ephemerides cannot be improved since they are not observable from Earth prior to the mission. 
b Reachable with <70 m/s from only one of the nine departure points along the halo orbit considered in [1]. 
c Asteroid 2001 WN5 can be reached from L1 and L2. Ephemeris uncertainties are larger for a flyby from L2 as a 
consequence of the asteroid’s close encounter with Earth. Same applies to asteroid 2004 MN4 (Apophis) from L1.  
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with less than 70 m/s and that are visible by the CubeSat 
for more than 12 hours are considered, as mentioned in 
Section 4. Observed arc lengths before and after 
collecting ground-based observations are summarized in 
Table 3, as well as the corresponding ephemeris 
uncertainties at the time of the flyby (represented by the 
largest semi-axis of the 3σ covariance matrix). It is 
observed that significant improvements in uncertainty 
are obtained for asteroids with low arc lengths prior to 
new ground observations, for which uncertainties above 
10,000 km are reduced below 1000 km. This 
improvement is less prominent, however, if <1000-km 
uncertainties were already available. 
It can thus be concluded that a ground-based 
observation campaign is essential for asteroids with large 
ephemeris uncertainties, since the observation campaign 
can significantly decrease this uncertainty. Otherwise, 
uncertainty improvements may not be substantial and an 
observation campaign before the mission may not be 
strictly necessary. 
 
5.2. Monte Carlo analysis 
Monte Carlo simulations (10,000 runs) are carried out 
to understand the flyby accuracies that can be achieved 
through the autonomous navigation and guidance 
strategy described in Section 4. Simulations are 
performed for two cases per asteroid: (1) departure point 
from L1/L2 with smallest ΔV requirement, and (2) 
departure point from L1/L2 with largest ΔV requirement 
below 70 m/s (listed in Table 3). 
Results of the two-TCM guidance strategy described 
in Section 4.2 are compared to the results of two more 
guidance scenarios: (1) guidance strategy with only one 
TCM (such as that employed in [2]), and (2) scenario 
where no TCMs are performed, which illustrates the 
deviations produced by execution errors in the nominal 
propulsive maneuvers. In the one-TCM strategy, 
selection of the TCM execution time is performed 
following the same procedure as for TCM2 in the two-
TCM guidance strategy (Section 4.2): predicting the ΔV 
cost at the next possible TCM execution time until that 
cost exceeds the available ΔV budget. 
As an example of the results obtained through these 
three guidance strategies, Fig. 6 illustrates the B-plane 
error ellipses for asteroid 2017 XC62, along with the 
error ellipse that would be obtained if only one TCM was 
performed at the end of the first on-board navigation 
phase. This last guidance scenario exemplifies the flyby 
accuracies that would be obtained if no on-board 
observations of the asteroid were collected. 
It is observed in Fig. 6 that flyby errors of the order 
of tens of thousands kilometers would be obtained if no 
TCMs were performed. Slightly smaller but still 
unreasonably large errors would be obtained if no 
relative optical navigation was performed. Lastly, it is 
also observed how the two-TCM guidance strategy 
introduced in this study delivers flyby accuracies 
approximately one order of magnitude better than those 
obtained with only one TCM. 
As another example of the importance of the relative 
navigation phase, Fig. 7 illustrates the evolution along 
time of the estimation error of the relative CubeSat-
asteroid position vector at the time of the flyby, for 
asteroid 2017 XC62. It is clearly observed in Fig. 7 how 
the estimation error is reduced by approximately one 
order of magnitude as the first observations of the 
asteroid are collected. 
Similar tendencies to those illustrated in Fig. 6 and 
Fig. 7 are obtained for asteroids listed in Table 3. Table 
4 is provided to summarize the flyby accuracies that can 
be achieved through the guidance strategies considered 
here, along with the relative estimation error at the time 
of the flyby. All uncertainties in Table 4 are represented 
by the largest semi-axis in position of the corresponding 
3σ covariance matrices. 
Several observations can be made from the results in 
Table 4, together with the ΔV and visibility information 
in Table 3, namely: 
 the two-TCM guidance strategy introduced here 
provides results approximately one order of 
magnitude better than a one-TCM strategy: e.g., for 
asteroid 2008 TZ3, flyby accuracies below 100 km 
can be obtained through the two-TCM strategy, 
whereas accuracies above 1000 km are obtained 
through the one-TCM strategy. 
 missions of shorter duration result in better flyby 
accuracies since time for error propagation is 
reduced: e.g., better flyby accuracies are obtained for 
asteroid 2001 FO32 along the 78.1-day flyby 
trajectory despite having a larger nominal ΔV 
requirement (62.8 m/s) than the 150-day trajectory 
(30.5 m/s). This is also observed in the no-TCM 
results, which are significantly better for the 78.1-day 
trajectory. 
 uncertainty in asteroid ephemeris prior to the mission 
largely drives the resulting flyby accuracies: e.g., 
worst flyby accuracies are obtained for asteroid 2015 
BK509 whose ephemeris uncertainty is the largest, 
and best flyby accuracies are obtained for asteroid 
2004 MN4 whose ephemeris uncertainty is the 
smallest. 
 early detection of the asteroid is essential to reduce 
estimation errors and, effectively, resulting flyby 
accuracies: e.g., asteroid 2001 SQ3 is observed only 
0.6 days before the flyby and results in estimation and 
flyby accuracies are one order of magnitude larger 
than those of asteroid 2012 EY11, which is observed 
for 12.4 days and has a large nominal ΔV requirement 
(68.2 m/s).
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 lower nominal ΔV requirements from L1/L2 result in 
better flyby accuracies since a larger ΔV is available 
for TCMs, and, as a consequence, TCMs can be 
executed at a later time thus reducing relative 
estimation errors: e.g., better estimation errors and 
flyby accuracies are obtained for asteroid 2017 XC62 
along the 26.0-m/s flyby trajectory than along the 
60.5-m/s trajectory, despite having a longer duration 
(150 days) and larger no-TCM flyby error. 
Through this Monte Carlo analysis, it is thus seen that 
flyby accuracies well below 100 km can be achieved 
through autonomous navigation if the two-TCM strategy 
introduced here is employed. 
The main advantage of this two-TCM guidance 
strategy is that deviations from the designed, nominal 
trajectory are initially reduced along the first on-board 
navigation phase (through TCM1, which has a low ΔV 
cost). As a consequence of TCM1, a smaller ΔV is then 
required to correct the trajectory during the second on-
board navigation phase. Reducing the ΔV demand on 
TCM2 allows for a later execution of TCM2 which 
increases asteroid observation times. Observing the 
  
Fig. 6. B-plane 3σ error ellipses for asteroid 2017 
XC62 depending on guidance strategy 
Fig. 7. Evolution of relative estimation error for 
asteroid 2017 XC62 as a function of time 
Table 4. Flyby trajectory characteristics and results from ground-based observations 
Asteroid 
Mission 
duration 
(days) 
Range in 3σ flyby accuracies (km) Range in 3σ relative 
estimation error at 
time of flyby (km) 
Two-TCM 
strategy 
One-TCM 
strategy 
No-TCM strategy 
2005 WD 141.7↔150.0 32958.3↔37021.3 43751.9↔41942.5 51139.4↔45847.1 1051.3↔266.6 
2015 BK509 150.0 3217339.1 3218001.3 3218169 35405109.1 
2008 TZ3 129.7↔149.9       25.8↔38.0   1864.3↔9135.8 20383.8↔29284.7       8.5↔9.7 
2017 XC62 150.0↔141.8       71.9↔2664.2 17659.0↔27199.0 40715.1↔37112.3       4.3↔17.9 
2008 DG5 138.0 264.2 7561 27276.1 8.6 
1997 NC1 140.4↔81.0   4751.9↔7349.9 19275.6↔10581.6 32335.8↔12929.6       4.5↔1068.8 
2012 EY11 150.0 356.6 16748.7 40867.4 46.4 
2001 SQ3 140.7↔124.5   3100.2↔22811.4 21899.6↔32037.3 33513.7↔35549.3   687.0↔935.6 
2001 WN5 150.0↔115.5   1261.8↔906.1   7683.8↔1958.7 11641.9↔3112.3   111.0↔55.0 
2004 OB 149.6 1911.6 11745.7 20364.9 124.6 
2004 MN4 140.2↔55.9         9.6↔15.7 22998.6↔22.5 40765.8↔2694.2       2.9↔4.7 
2001 FO32 150.0↔78.1   1381.2↔57.4 50905.1↔1934.7 71579.3↔8237.7     40.6↔18.9 
2014 HK129 150 14 286.7 21857.4 4.5 
2010 XC15 141.2 188.9 54735.5 69068.1 45.4 
2018 CC14 141.6 1008.6 30571.6 33835.5 64.8 
2001 WN5   33.3↔149.9       13.5↔12.1       13.7↔9385.9     442.8↔12300.5       4.5↔4.0 
2009 BL71 150.0↔110.8       20.8↔12.7 41952.9↔11988.6 57148.0↔20217.8       5.1↔4.1 
2004 MN4 125.8↔33.3         7.9↔9.5     340.2↔15.5   8780.4↔1314.2       2.6↔3.1 
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asteroid for a longer time reduces estimation errors and, 
ultimately, this results in better flyby accuracies. 
In terms of the systems requirements, the two-TCM 
guidance strategy allows for better flyby accuracies for a 
given ΔV budget, and it also allows for a smaller limiting 
magnitude of the star tracker. Additionally, as mentioned 
in Section 4, the navigation and guidance algorithms 
propagate trajectories and compute velocity corrections 
employing only prestored state-transition matrices in the 
interest of the limited computational power on board the 
CubeSat. 
Even though the two-TCM strategy presents 
significant advantages over the one-TCM strategy 
employed in [2], proper flyby accuracies can only be 
achieved if a suitable combination of (a) asteroid 
visibility time, (b) remaining ΔV for TCMs, (c) a priori 
asteroid ephemeris uncertainty, and (d) mission duration 
is available. For reference, flyby accuracies below 100 
km can only be achieved for 8 out of the 41 asteroids that 
were identified as reachable in [1]. In order to increase 
the number of asteroids with acceptable flyby accuracies, 
some of the mission requirements would have to be 
relaxed either increasing the size and capability of the 
spacecraft, or including radiometric observations for 
navigation (thus reducing the autonomy of the mission). 
 
Conclusions 
This study presents a feasibility analysis of an 
autonomous 3U CubeSat mission to an asteroid. The 
mission concept considers a CubeSat departs from a halo 
orbit around the Sun-Earth barycentric Lagrange points 
and performs autonomous navigation and guidance to 
flyby an asteroid. 
The autonomous navigation strategy considered here 
consists of two phases: (1) observations of visible planets 
and of the Sun until the target asteroid becomes visible, 
and (2) observations of the Sun and of the asteroid for 
relative optical navigation. The guidance strategy 
employs two trajectory correction maneuvers to improve 
the flyby accuracies: one during the first navigation 
phase, and another one during the second on-board 
navigation phase. 
A heuristic to compute the time of execution of each 
correction maneuver that is suitable for an autonomous 
CubeSat is introduced, and Monte Carlo simulations are 
performed to understand the flyby accuracies that can be 
achieved. Realistic system specifications are modeled as 
well as uncertainties in asteroid ephemeris. 
Flyby accuracies well below 100 km are found 
possible if the mission characteristics are suitable in 
terms of: (a) asteroid visibility time, (b) available ΔV for 
trajectory correction maneuvers, (c) uncertainty in 
asteroid ephemeris prior to the mission, and (d) mission 
duration. Results of the two-TCM guidance strategy 
introduced here show significant advantages over a one-
TCM strategy, both in terms of flyby accuracies for a 
given ΔV budget and in terms of limiting magnitude for 
the on-board navigation camera. 
However, the number of reachable asteroids for 
which <100-km flyby accuracies are possible is limited, 
and improving these results would require a larger 
CubeSat or SmallSat platform or partial navigation 
support from ground stations. 
Ultimately, this study provides a high-fidelity 
feasibility analysis of asteroid flyby missions using 
autonomous CubeSats. An autonomous navigation and 
guidance strategy is proposed and proven effective 
despite the demanding mission characteristics, and its 
limitations are identified. 
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